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Given the absence of an orbital system to communicate from the far side of the
Moon, it is likely that such a system shall be needed in the near future with the continued 
interest in lunar exploration and utilization. A strategy for a long-term libration orbit at 
the Earth-Moon L2 point is developed. This strategy allows for uninterrupted two-way
communication between the Earth and the far side of the Moon and vice versa while also 
maintaining low fuel costs, thus increasing the duration of possible missions. A scenario 
was created in STK that created such an orbit. The results of the scenario predict a total 
station keeping delta-V cost of only 3.23 m/s for a satellite to stay in the vicinity of the










I would like to thank Dr. Keith Koenig for all of the time and effort put into 
helping me complete this project.  I would also like to thank my other committee





   
  
   
  
 
   
   
   
   
   
   
   
   
  
   
   
  
   
   
  
   
   








1.1 Previous Work .......................................................................................2
1.2 Research Objectives...............................................................................5
II. DYNAMIC SYSTEMS .....................................................................................7
2.1 Two-Body Problem................................................................................7
2.2 Three-Body Problem..............................................................................8
2.2.1 Circular Restricted Three-Body Problem (CR3BP) ........................8
2.3 N-Body Problem ....................................................................................9
2.4 Analysis method...................................................................................10
III. ORBITAL MECHANICS................................................................................12
3.1 Orbital elements ...................................................................................13
IV. LAGRANGE POINTS.....................................................................................15
4.1 Stability................................................................................................17
V. ORBITAL MANEUVERS ..............................................................................18
5.1 Orbits....................................................................................................18
5.2 Transfers ..............................................................................................22
VI. SYSTEMS TOOL KIT (STK) .........................................................................24




   
   
   
   
   
  
  
   




   




8.1 The transfer ..........................................................................................29
8.2 The first loop........................................................................................33
8.3 The extended orbit ...............................................................................36
IX. EARTH AND SUN ACCESS .........................................................................41
9.1 Earth Access.........................................................................................41
9.2 Sun Access ...........................................................................................44










    
    
     
    
    
    
    
   
    
     
    
    
    
     
 
LIST OF TABLES
2.1 Comparison of CR3BP and N-Body Problem .................................................10
5.1 Orbit type comparison......................................................................................22
8.1 Trajectory results comparison..........................................................................30
A.1 EML2 VNC Earth Trajectory ..........................................................................57
A.2 MeanEclpJ2000 Coordinate System. ...............................................................57
A.3 MeanEclpJ2000 Reference Axes .....................................................................58
A.4 MeanEclpDate Reference Axes .......................................................................58
A.5 J2000 Reference Axes......................................................................................58
A.6 Fixed at J2000 Coordinate System ..................................................................58
A.7 Fixed at J2000 reference axes ..........................................................................59
A.8 EM_L2 coordinate System ..............................................................................59
A.9 Earth EM_L2 Axes ..........................................................................................59
A.10 EM_L2 Point....................................................................................................59





     
     
    
    
    
    
    
    
    
   
    
    
    
    
    
    
    
     




1.1 Top view of ARTEMIS P1 orbit3 ......................................................................3
1.2 Side view of ARTEMIS P1 orbit4......................................................................3
1.3 Pavlak and Howell’s Lyapunov and Halo orbits5 ..............................................5
3.1 Ellipse distances...............................................................................................12
3.2 Major orbital elements 16 .................................................................................13
4.1 Lagrange points24 .............................................................................................16
5.1 Halo orbit example...........................................................................................19




8.3 MCS for the first two z-x plane crossings .......................................................34
8.4 The first two z-x plane crossings .....................................................................36
8.5 MCS of the transfer and first four z-x plane crossings ....................................37
8.6 Differential Corrector inside view ...................................................................38
8.7 View of three months of the orbit from an Earth perspective..........................39
9.1 Ground Station by location32 ...........................................................................42
9.2 Access during first 20 days ..............................................................................43
9.3 Eclipse data ......................................................................................................45





    
    
    
 
10.2 Total orbit; viewed from the side of the Earth-Moon line. ..............................47
10.3 Total orbit; viewed from above the Earth-Moon plane. ..................................47





   
  
   
   
   
   
   
    
 
 
    
 
NOMENCLATURE
EML2 – Earth-Moon L2
EM – Earth-Moon
STK – Systems Tool Kit
ΔV – Delta V
CR3BP – Circular Restricted Three-Body Problem
C3 Energy – Characteristic Energy
TLI – Trans-lunar Injection
WSB – Weak Stability Boundary
AGI – Analytical Graphics Inc.
MCS – Mission Control Sequence




















With the focus of scientific communities moving toward the development of lunar 
stations and long-term rovers, an ability for uninterrupted communications between the 
Earth and the Moon will be needed.  One possible way to meet this goal is by putting a
satellite at the trans-lunar libration point, known as the Earth-Moon L2 point (EML2). 
Currently there is no such system in place.  Although the purpose of this study is to create 
an orbit for communication purposes, it is important to discuss the other potential benefits 
of an orbit at EML2 first.  The following is a list of potential uses of an EML2 orbit, as 
presented in a paper by Robert Farquhar (1968)1.
 Rendezvous point
 Lunar mapping, observations, and communications
 Support role for interplanetary missions
 Deep space communication relay and observations
 Solar phenomena monitoring
 Low frequency radio astronomy 
In recent years, there have been a large number of studies done involving Earth-
Moon (EM) Lagrange point orbits.  From observing the strategies presented by others, it











    
 










    
or if it has just not been attempted yet, because none of the strategies for libration point
orbits that have been developed to date have a lifetime of more than a year, while 
providing essentially uninterrupted communication access to the Moon and to the Earth 
simultaneously.  This paper addresses this shortcoming.
1.1 Previous Work
To better understand what will be presented in this study, some of the work that 
others have done must be discussed first.  In 1968 Robert Farquhar published one of the
most referenced papers with regards to libration point orbits.  The paper mathematically
proved that controlling a satellite in the area near a libration point is possible. He was 
the first to propose Halo and Lissajous orbits, the two main methods considered for 
Lagrange point orbits.  Both of these two orbit types utilize the gravitational fields 
present at libration points in order to create a relatively repeatable orbit trajectory about 
the Lagrange points. He also proved that the station-keeping costs for these types of 
orbits are very low.
It was not until 2009 that an actual mission to an EM libration point was 
launched.  This mission was conducted by ARTEMIS2. The ARTEMIS program was 
comprised of two separate orbiters.  The first orbiter, ARTEMIS P1, was placed in an 
orbit near the EML2 point in August 2010.  Using regular station keeping maneuvers at 
an interval of approximately once per week, ARTEMIS P1 was able to maintain its orbit
in the vicinity of L2 for 131 days. After its stay at L2, ARTEMIS P1 transitioned to an 
L1 lissajous orbit for an additional 85 days, where it was later joined by ARTEMIS P2. 
Top and side views of the orbit are shown in Figure 1.1 and 1.2, respectively. The






   
 
 
   
 
approximately three months, the spacecraft transitioned to an L1 orbit.  This transfer is 
also shown in Figure1.1. and Figure1.2.
Figure 1.1 Top view of ARTEMIS P1 orbit3
















     
 
From the top, it appears that ARTEMIS settled into a relatively repeatable kidney
shaped orbit prior to transitioning to L1.  However, the side view reveals that ARTEMIS’ 
orbit degraded from being in a plane that was initially normal to the Earth-Moon line to a
plane that was parallel to the Earth-Moon line.  The parallel plane is less appropriate for 
the mission in which simultaneous and continuous spacecraft to Earth and spacecraft to
Moon communication links are desired. Eclipses of the Earth by the Moon are more
likely with parallel orbits.  Although ARTEMIS-P1 had very low propellant cost, the fact
that it degraded into a parallel orbit makes it unclear if an orbit normal to the Earth-Moon 
line can also have low orbit maintenance propellant requirements.  The orbit that 
ARTEMIS took is also likely to be non-stable and non-repeating, which would not lend 
itself well to a long term orbit.
Since the launch of ARTEMIS no other missions have taken place, but many
studies have been conducted to understand and utilize Lagrange point orbits.  One such 
study was done by Pavlak and Howell5. Pavlak and Howell developed a strategy for
missions that are required to either keep to a specific baseline trajectory or remain near a
libration point.  This strategy was designed to allow the intermediate phases of the
mission to remain flexible.  Although the orbit remains flexible throughout its 
propagation; it is still able to meet its specific end-of-mission goals.  This plan was 
evaluated for systems with a lifetime of approximately 150 days or less in both a Halo 
orbit strategy and a Lyapunov orbit strategy. The resulting orbits found by Pavlak and 
















Figure 1.3 Pavlak and Howell’s Lyapunov and Halo orbits5
The structure of the Lyapunov orbit shown in Figure 1.3 looks much like the one
for ARTEMIS.  It is important to note that unlike the ARTEMIS orbit, these orbits are
represented in the circular restricted three body problem. (CR3BP).  The CR3BP will be
discussed in Section 2.21.  
Although not discussed here, there exist many more attempts at creating Lagrange
point orbits for the EML2 point.  These attempts do not provide significantly new 
information beyond what is gained from analyzing the ARTEMIS orbit and both of the
orbits from Pavlak and Howell.  References for these studies are included. 
6,7,8,9,10,11,12,13,14,15. 
1.2 Research Objectives
The primary objective of this research is to create a repeatable and stable orbit at 









years.  Beyond simply remaining near the point, the orbit must also allow for nearly
constant communication from the Earth to the satellite and vice versa as well as from the 
Far side of the Moon to the satellite and vice versa.  The secondary goal of this study is 
that the orbit created in the study is to have low station-keeping ΔV costs.  The trajectory
must be optimized with respect to its station-keeping maneuver costs.  In longer lifetime 
trajectories, it is the station-keeping costs that dictate the operable time of the spacecraft 

























Before discussing the orbit that was created, the dynamic system that the study
was conducted in must be evaluated first.  In the following sections, four different 
systems will be considered.  The systems that will be discussed include: the Two-Body
Problem, the Three-Body Problem, the Circular Restricted Three-Body Problem 
(CR3BP), and the N-Body Problem.
2.1 Two-Body Problem
The Two-Body Problem is an idealized situation which assumes that there are
only two bodies.  The system assumes that any other bodies are located far enough away
from the two-body system that they have no noticeable effect on it.  This assumption 
greatly simplifies the motion of the system.
An easily understood example of the Two-Body Problem is a satellite orbiting a 
planet.  Mathematically, the Two-Body Problem can be represented by two independent 
differential equations.  In most situations these two equations can be solved given the
parameters of the system, thus the Two-Body Problem can also be solved exactly. One
limitation of the Two-Body Problem is that is assumes that the only force on the bodies is
their mutual gravitation.  It also assumes that the bodies are symmetrical and can be











      








this would complicate the problem.  These issues are the reason why orbits precess and 
bodies experience rotational motion.16 
While the Two-Body Problem is relatively easy to solve, it is not a very good 
representation of celestial mechanics, especially in the case of modeling a libration point
orbit. Next we will discuss what happens when a third body is introduced.
2.2 Three-Body Problem
The Three-Body Problem is initially thought of much like the Two-Body Problem 
with one significant difference. When a third body is introduced it causes a perturbing
force on the orbiting body that significantly changes the parameters of the orbit.17 
One would think that adding a third body would not be that complicated or
change the analysis method appreciably, but this is not the case.  When a solution is 
possible to the problem, the results reveal a chaotic solution that has no obvious 
repeatable pattern.  A more restricted version of the Three-Body Problem, known as the 
Circular Restricted Three-Body Problem will be discussed next in Section 2.21. 
2.2.1 Circular Restricted Three-Body Problem (CR3BP)
The Circular Restricted Three-Body Problem (CR3BP) is essentially the same as 
the Three-Body Problem with some added simplifying assumptions.  Like the Two-Body
and Three-Body Problem, the CR3BP assumes that the mass of one of the three-bodies in 
the system is negligible, and that no other bodies affect the system.  The main difference
in this augmented version of the Three-Body Problem is that the two larger bodies of the 





   
  






    








   
The set up of the CR3BP is the first of the systems that we have discussed that 
creates five equilibrium points due to the gravitational forces considered.  These are
known as the Lagrange points and will be discussed in depth in Chapter 4.  The CR3BP is 
the most commonly used system in orbit formulation for research purposes. It is fairly
easy to get an adequate representation of an orbit by using the CR3BP, but it still has its 
limitations as will be discussed further in Section 2.4.
2.3 N-Body Problem
The N-Body Problem is the closest representation of a system to reality that has 
been discussed thus far. The N-Body Problem is concerned with motions of a large
group of orbital bodies that gravitationally interact with one another.  The N-Body
Problem has no limit to the number of objects that can be analyzed.
In some cases there are exact solutions for both the Two-Body Problem and the 
Three-Body Problem.  In contrast, there is no exact solution to the N-Body Problem.  
However, it is possible to find an approximate solution theoretically by using a Taylor 
Series expansion and the Runge Kutta Method.18 These problems are still difficult to 
approximate due to the large number of variables.  The N-Body Problem includes three 
displacement variables and three momentum variables for each body, totaling 6n 
variables, where n is the number of bodies.19 In order to reduce the number of variables, 
10 independent algebraic equations can be developed from the center of mass, angular
momentum, linear momentum, and energy for the system.  The 6n -10 variables are
found with 6n -10 equations that represent conservation of mass, momentum, and 
energy.20 Through the use of these algebraic equations the number of variables can be















    
          
     







explicitly.  The problems with and benefits of each system will be discussed in the next 
section along with a discussion of which dynamic system was chosen for this study.
Even though the N-body Problem can account for an infinite number of bodies, 
libration points or “libration areas” only exist if the remainder of the n-bodies, excluding
the two major and one minor, are situated far enough away from the system. 
2.4 Analysis method
After analyzing the different dynamic models, it is apparent that there are only
two options to choose from: the CR3BP and the N-Body Problem.  These are the only
systems that are capable of representing Lagrange points, the area of study in this paper.  
Table 2.1 below shows the differences between the CR3BP and the N-Body Problem 
specific for the use in this study.
Table 2.1 Comparison of CR3BP and N-Body Problem
CR3BP N-Body Problem
Major Bodies Earth, Moon Earth, Moon, Sun, Mars, Venus, Jupiter
Major Body orbits Circular Elliptical
Geometry Point mass Oblate
In addition to the information in Table 2.1, there are also several other key factors
in deciding between the two models.  The N-Body Problem is a higher fidelity model 
than the CR3BP, meaning that its results provide a representation that is closer to the real 
world. The normal reason for using the CR3BP is that it is easier to implement. If either 
method could be implemented in a timely manner, it is clear that the N-Body Problem 









gather meaningful data regarding ΔV costs, earth access, and eclipse information, 
however the data from the N-body problem will have a higher accuracy. It is for all of 


















Orbital mechanics is the primary discipline of this study.  A brief overview of the
major elements of orbital mechanics relevant to the present study will be covered in this 
chapter.  This is not intended to serve as an exhaustive coverage on the topic, but more of 
a review for the coming topics of later chapters.
An elliptical orbit has two main quantities that this study will be concerned with:
periapsis and apoapsis.21 The shortest distance between the occupied focus of the ellipse 
and an orbiting body is known as periapsis and the longest distance is known as apoapsis.  
Figure 3.1 below illustrates these distances on an ellipse of arbitrary size and shape.









   
 
   
 
 
These two important geometric distances help to set up the major orbital elements 
that will be used in describing the trajectory created in this study.
3.1 Orbital elements
There are six major elements used to define an orbit.  These six parameters are
shown in Figure 3.2 below.
Figure 3.2 Major orbital elements 16
Each of the elements is described briefly below – 
 Semi-major axis (a): The semi-major axis is the distance defined as the 




     
 
 
   
   
   
 
   
 




   




   




 Eccentricity (e): The eccentricity describes the shape of the ellipse. It is 
defined by the apoapsis and periapsis distances.
 Inclination (i): The inclination is the tilt of the orbit, measured from the 
unit vector ?̂? to the angular momentum vectorℎ̂.
 Right ascension of the ascending node (RAAN) (Ω): The RAAN is the
angular distance from the unit vector 𝐼 to the positive axis of the line of
nodes, also known as the ascending node.
 Argument of perigee (ω): The argument of perigee is the angle from the
ascending node to the point of periapsis.
 True anomaly (υ): The true anomaly is the angle from the orbiting body to 
the point of periapsis.
In addition to the six major elements, there are three other quantities of concern 
for this study:
 Right ascension (RA) of the outgoing node: The RA of the outgoing node
is the angle from the ascending node to the orbiting body. 18 
 Declination of the outgoing node: The declination of the outgoing node is 
the angle measured north or south of the celestial equator to the orbiting
body.
 Characteristic energy (C3): The characteristic energy is a form of specific
energy.  It is a measure of the energy required for orbital maneuvers and is
defined as the negative of the standard gravitational parameter divided by
the semi-major axis.







   
  
    
  
 
   
  
   








The Lagrange points, also known as Lagrangian points or libration points, exist
only in the CR3BP and the N-Body Problem. Libration points are places where a small
object, affected only by gravity, can maintain a constant orbit trajectory pattern with two 
larger bodies.22 It is at these points that the combined gravitational pull on the orbiting
body caused by the larger bodies is balanced out by the centripetal forces from these
bodies.
True Lagrangian points only exist in the CR3BP.  In the N-Body Problem, where
the orbits are exposed to real life perturbation, the point becomes an area about which the
object orbits. 
The five Lagrangian points or areas are named as follows:
 L1: The L1 point lies on the line defined by the two larger masses.23 It is 
located between these large masses.  The L1 point is the most easily
understood of all of the Lagrangian points.  It is defined as the point where
the gravitational attraction between the two larger masses cancels out.
 L2: The L2 point is known also as the trans-lunar libration point in the EM









   




gravitational forces of the two large masses balance out the centrifugal 
effect on the orbiting body.
 L3: The L3 point lies beyond the larger body on the line defined by the 
two larger masses.  At this point the gravitational and centrifugal forces 
balance out, much like the L2 point.
 L4 and L5: The L4 and L5 points lie at the corners of the triangles formed 
from the line between the two larger masses.  At each of these points the 
distance between the smaller body to each of the larger bodies is the same, 
cancelling their gravitational effect. 
The positions of these five points in the EM system can be seen in Figure 4.1 
below along with the respective gravitational field lines.

















The first three Lagrange points are known as the collinear libration points, 
because they lie along the line defined by the two large masses.  The collinear libration 
points are only stable in the plane that is perpendicular to the line connecting the two 
major bodies.23 Although these first three points are considered to be unstable, it is still 
possible to find stable and periodic orbits about them in the CR3BP and the N-Body
Problem.  These specific orbits will be discussed in more detail in Section 5.1.
In contrast to the collinear libration points, the triangular points, L4 and L5, are in 
a state of stable equilibrium.23 If an orbiting body at these points is perturbed, it will
move away from the point briefly and then return to it forming a kidney-bean shaped path 
around the point.  The gravitational fields around this point can be thought of as a bowl.  
If you were to throw a marble into the bowl it would travel around the edges of the bowl 










     
 
 








Orbital maneuvers can be broken down into two categories: orbits and transfers.  
Orbits in general are the path that an object takes around a specified body and a transfer 
is the path that an object takes from one body to another.  The basic definition of an orbit
and the different types of them considered in this study will be discussed in Section 5.1.
5.1 Orbits
An orbit can be defined as a path, curved by gravity, about a point in space.16 The
goal of an orbit is most often to keep an object within the vicinity of the larger body
about which it is travelling.  Common orbits used for purposes such as communication 
satellites about the Earth use Keplerian orbits that can be described by the orbital 
elements discussed in Section 3.1.16 The orbits that will be analyzed in this section are
non-Keplerian orbits that do not operate in the sense of these orbital elements.  Keplerian 
orbits are only applicable when the orbit depends only on two main bodies: the orbiting
body and the body it is orbiting about.  In the case of this study, and any study using
Lagrange points, more than two bodies must be considered and thus Keplerian orbits 
cannot be used.
The first type of non-Keplerian orbit to be considered is one of the orbits that 








   











the collinear libration points.25 Halo orbits do not exist naturally and are extremely
unstable.  Due to the instability of this type of orbit, large amounts of station-keeping
efforts are required.  For the purposes of Earth to Moon and Moon to Earth
communications a Halo orbit would be ideal due to the fact that it is in a plane that is
nearly perpendicular to the EM line.  The closer the orbit is to being perpendicular to the
EM line, the better the orbiting body can see the Earth from behind the Moon at all times.  
In Figure 5.1 below is an example of what a Halo orbit at the EML2 point would look 
like from the Earth.
Figure 5.1 Halo orbit example
Another type of orbit constructed for the use around a libration point is the
Lyapunov orbit.  The Lyapunov orbit has theoretically very low station-keeping costs, 
which would be ideal for this study, but it lies entirely in the plane of the two primary
bodies.25 This limits access to the Earth and is, consequently, undesirable for the present 







   
  
   
  
  
   
  
    
  
Lyapunov orbit.  While Lyapunov orbits are not suitable for use in this study, they are
very similar to the next orbit of concern, the Lissajous orbit.
The Lissajous orbit is the second type of orbit for use at a libration point that 
Farquhar1 proposed.  A Lissajous orbit has the same top-down appearance as a Lyapunov 
orbit, a kidney-bean shape; however, they do not remain completely in the plane of the
two major bodies.  A Lissajous orbit is a quasi-periodic orbit that requires minimal 
station-keeping costs.25 The station-keeping costs are not as low as what is found for a
Lyapunov orbit, but they are also not as high as what is found for a Halo orbit.  From a
communications stand point, a Lissajous orbit is better than a Lyapunov orbit when 
communicating with the Earth, but worse than a Halo orbit, having large components 
both normal and parallel to the EM plane.
The Lissajous path is also known as a Bowditch curve.26 An example of an 













Figure 5.2 Bowditch curve example27
A Bowditch curve is a graphical representation of complex harmonic motion. In 
regards to this study, a Bowditch curve is not truly a full representation of the actual 
motion because it only represents a three-body system’s interactions instead of the full n-
body system.
In order to better understand the relationships between the three orbits considered 




   
    
   
 
    
 





   








Table 5.1 Orbit type comparison
Stable? Periodic? Orientation
Halo Not Stable Periodic Nearly perpendicular to 
the EM plane.
Lissajous Not Stable Quasi-Periodic Large components both parallel and perpendicular 
to the EM plane.
Lyapunov Stable Periodic Entirely parallel to the EM 
plane.
From this chart it can be seen why the Lissajous orbit was chosen for this study. 
Although it is not stable naturally, it can be stabilized using minimal station-keeping
maneuver.  These same station-keeping maneuvers also help to make the orbit periodic.
5.2 Transfers
When used in conjunction with Keplerian orbits, transfer orbits are usually
elliptical orbits that allow for a spacecraft to move from one orbit to a new one.  In this 
study the satellite starts out in a Low Earth Keplerian type orbit, and transfers to a non-
Keplerian type orbit.  When this is the case, the maneuvers will be defined using the 
classical orbital elements discussed in Section 3.1.
Two different types of transfers were evaluated in this study.  The first type of 
transfer considered is a Weak Stability Boundary (WSB) Ballistic Lunar Transfer.28 The
WSB is a generalized view of the Lagrange point or the gravitational field lines at these
points that cause them to be there.  When a spacecraft uses a WSB ballistic lunar transfer 
it will arrive at the Moon and can be automatically captured into an elliptical orbit about





    









captured.  A WSB ballistic lunar transfer would be more suited to a lunar orbit instead of 
an orbit at the libration points due to the free capture that it provides.
The second type of transfer is the Trans-Lunar Injection (TLI).  A TLI is a type of
maneuver that can be used to put a body on a trajectory to arrive near the Moon for
relatively low ΔV costs.  TLI maneuvers start from a low circular parking orbit about the
Earth and perform a long continuous burn until arriving at their destination.29. TLI burns 
are usually done by the chemical engines on the launch vehicle that took the system to the
parking orbit.  This burn increases the satellite’s velocity, changing the original circular
orbit into a highly eccentric orbit.  The path that the satellite takes is an approximation of 
an elliptic orbit about Earth with its apoapsis near the Moon.  At the end of the TLI the 
spacecraft will be within the Moon’s gravitational influence. 
Both of these transfer types will be analyzed in detail within the context of this 







   
    
 
 
   
   






SYSTEMS TOOL KIT (STK)
Systems Tool Kit (STK) is a program developed by Analytical Graphics Inc. 
(AGI) for the purpose of evaluating and developing a wide array of land, sea, air or space
systems.30 STK operates on a physics-based software geometry engine that can perform 
computations in real or simulated time.  Once a system has been modeled, STK can 
determine line of sight spatial relationships between any objects in the system.  Through 
the 2D and 3D visualizations provided by STK, users can more easily understand the
system.
STK makes use of many different propagators, or programs that use numerical 
integration on the equations of motion in order to generate an ephemeris.18 The
propagator that is used in this study is Astrogator: one of STK’s more specialized 
propagators.31 The Astrogator module is designed for interactive orbit and trajectory
design.  It supports an unlimited series of segments including targeters, impulsive or 
finite maneuvers, and orbit propagations.  Astrogator can analyze the entire trajectory of 
the satellite in contrast to using several off-line numerical simulators. Astrogator provides
force models that can account for third-body effects, atmospheric drag, solar radiation 
pressure, etc.  It utilizes a very complex optimizer that has the capability to optimize at 

























6.1 Mission Control Sequence (MCS)
A Mission Control Sequence (MCS) is represented as a tree of segments that 
display the structure and sequence of the mission.  The MCS is a graphical programming
language that uses segments to direct the Astrogator propagator in how to build the 
spacecraft’s trajectory. The individual mission segments are the key pieces in using the 
MCS.  The five types of mission segments that will be used in this study are the: 
“Targeter”, “Initial State”, “Maneuver”, “Propagate”, and “Return.”18 
The “Targeter” segment is the main organizing tool in the structure of the MCS.  
It is through the use of “Targeters” that the MCS instructs the Astrogator propagator how
to optimize the trajectory.  The Differential Corrector is what is inside of the “Targeter”
and it is used to target values that are defined as the independent variables in the MCS
segments.  The “Targeter” changes the value of these independent variables known as 
controls to achieve the desired dependent variable values, called constraints.
The “Initial State” segment is used to describe the starting conditions of the MCS
or to define conditions at any specific point in time during the trajectory.  Inside of the
“Initial State” segment values for the spacecraft’s physical information can be input as 
well.
The “Maneuver” segment can be used to model either an impulsive or finite
spacecraft maneuver.  The “Maneuver” segment uses controls of Cartesian values in the
x, y, and z directions. Bu controlling these locations, the ΔV for the maneuver can be
minimized.
The “Propagate” segment is used to model the free movement of the spacecraft 












uses a user defined propagator for this study that can be found in Appendix B.  The
segment operates as defined by the Propagator, adding a point to the spacecraft’s 
trajectory with every step the Propagator takes.  After each step is added, the segment 
checks to see if a stopping condition was met during the step.  If a stopping condition is 
met then the segment finds the exact point within a set tolerance and the segment is
ended. 
The “Return” segment is not a commonly used segment, but it can prove to be
very useful.  It can be used to control the execution of the MCS by giving control over to 
its parent segment again. If the MCS encounters an active “Return” segment, any
segments after it in the MCS will not be run, and if it encounters an inactive “Return”















The first step in creating the mission for this study was creating the mission 
architecture. It is important to understand not only the orbital mechanics aspect of the
problem, but also the communications aspect.  Figure 7.1, below, shows the major
elements of a hypothetical mission for which an orbit has been designed. Of particular 
importance are the simultaneous communication links between the spacecraft and Earth 
and between the spacecraft and multiple users on the Moon’s far side.





    
  
 
   






The desired frequency band for uplink and downlink Earth to satellite
communications is the Ka band.  The desired frequency band for uplink and downlink 
Moon to satellite communications is the S band.  These frequency bands were set as 
requirements by an early “client” constraint.  The ground stations used in this study are
White Sands, Dongara (a site on the west coast of Australia), and a site in South Africa.  
All of these stations are real and acting stations that could be used to communicate with a
real satellite put into the orbit created in this study.  The reasons for selecting these
stations are included in Chapter 9.  In Figure 7.1, it shows that the system will be
launched on an Atlas V rocket. The Atlas V was also chosen based on guidelines from an 
early “client” constraint.  For our purposes the importance of the Atlas V launch is 
minimal.
It is assumed that the spacecraft for this mission has a dry mass of 600 kg and an 
initial propellant mass of 500 kg.  The station-keeping thrusters use impulsive maneuvers











   
   
  
   
 
 





In this chapter the actual development of the orbit is discussed at length.  After 
deciding the goals of the project in Chapter 7, there is enough information available to
create the scenario. The major bodies in this particular scenario are the Earth, the Moon, 
and the Sun and the smaller body is the satellite.  Perturbations from Mars, Venus, and 
Jupiter are also accounted for.  STK’s Astrogator Propagator was used to develop the
trajectory described here.
8.1 The transfer
The first step in creating a fuel-efficient mission is developing a conservative
transfer maneuver.  The two different transfer schemes from Section 5.2 – TLI, and WSB
Ballistic Lunar – were evaluated for a transfer from LEO to a point within the vicinity of 
the far side of the Moon.
The TLI was constructed by using a targeting constraint defined by the C3 energy
near the far side of the moon and the right ascension of the outgoing asymptote from 
leaving the Earth. The WSB Ballistic Lunar Transfer was constructed by targeting a C3 





   
    
    









   
  
 
   
  
Table 8.1 Trajectory results comparison
V (m/s) Time of travel (days) Duration of burn (s)
Trans Lunar Injection 942 6.34 1774
WSB Ballistic Lunar 317628 9628 4528 
The TLI provided the lowest ΔV cost and shortest time of travel for this situation. 
It is for this reason that the TLI was selected as the transfer maneuver to be used in this 
strategy. 
The MCS used in transferring the satellite from LEO to an area near the L2 point
using the TLI can be seen below in Figure 8.1.
Figure 8.1 Transfer MCS
The “Targeter” segment used in this portion to get to L2 is called “Transfer” and 
is denoted by the bull’s-eye icon.  The second segment is the “Initial State” segment, 
called “Start”; it defines the starting conditions for the satellite.  The third segment is a
“Propagate” segment denoted by the curved arrow and called “Coast”.  The fourth 
segment is a “Maneuver” segment called “Maneuver to Zero”.  These are all of the
















    
 
 
In the “Initial State” segment, the coordinate type was defined as the “Target 
Vector Outgoing Asymptote” system with an epoch of 1 Jul 2005 11:59:59.999 UTCG.
It defines the system in the “EarthMeanEclpJ2000” coordinate system, illustrated in 
Appendix A. Its radius of periapsis was set to be 6778 km from the Earth’s center and its 
C3 energy was defined as -1.606 km2/s2. The RA and Dec of the outgoing asymptotes 
were set as 122.638 degrees and 7.48201 degrees, respectively.  The last two settings 
were the velocity azimuth of periapsis and the true anomaly set at 90 degrees and 360 
degrees, respectively.  These values come from what is typically used in a TLI.
In the “Coast” segment, the Propagator was set to a user created Propagator
named “Phasing Loops”.  The specifics for the “Phasing Loops” Propagator are included 
in Appendix B.  The “Coast” segment was set to target the z-x plane crossing and used 
the user created EML2 coordinate system, also included in Appendix A. 
The “Maneuver to Zero” segment is the first maneuver of the trajectory.  It uses 
thrust vectoring for attitude control and has a thrust axis defined by the VNC (Earth)
included in Table A.1.  It uses a constant thrust and specific impulse engine defined with 
Cartesian coordinates. 
Now that each of the MCS segments have been defined it is easier to understand 
what is happening within the targeter sequence.  Inside the targeter segment is a list of the 
Differential Correctors used. The Differential Correctors serve as controllers that operate 
and change the segments in the MCS. Inside any one “Targeter” sequence, the 
Propagator is allowed adjust parameters until the constraints are satisfied in the most
efficient way.  In the first part of the “Transfer” targeter there are three separate 





   
   
  
   
  
    
 
 










The “C3 Alignment” Differential Corrector is used to align the right ascension
(RA) of the outgoing asymptote to 270 degrees. It continues iterating until it can achieve
this 270 degree constraint without altering any of the pre-defined conditions.  After the 
satellite is lined up with a 270 degree outgoing asymptote of RA, it can now target the
point near the L2 point. For this, the “Target Moon C3” Differential Corrector is used – 
targeting a Cartesian location of 20000 km in the z direction from the EML2 point and 0
km in the x direction.  These two constraints were chosen because it puts the satellite in a
convenient starting point to transition into an orbit about EML2. The velocity in the x 
direction at the EML2 point is constrained to be zero at this point in time.  This is the first 
time the satellite will come to the z-x plane crossing.  Setting the velocity in the x-
direction relative to the EML2 point to be zero at the z-x plane crossing is the typical 
method used to create a Lissajous orbit.25 The targeter is allowed to change the
declination of the outgoing asymptote, the RA of the outgoing asymptote, the C3 energy
of the outgoing asymptote, and the epoch in order to meet these constraints.  The third 
Differential Corrector used at this point is the “Maneuver to Zero” corrector.  This 
corrector targets all velocities with respect to the EML2 point to be zero. It achieves this 
by using a Cartesian maneuver with x, y, and z components as controls to optimize the 
ΔV.  All the constraints used in Differential Correctors are permitted to have tolerances. 
If a true zero condition were to be required then the program would never be able to 
converge upon a solution.
The final TLI developed through the use of the MCS outlined here can be seen in 
Figure 8.2 below.  From this point the spacecraft will be in a position to easily transition 














    
Figure 8.2 TLI
8.2 The first loop
From the end of the TLI, the spacecraft will be put into a Lissajous orbit about the 
EM L2 point. The desired Lissajous orbit is one that is nearly perpendicular to the Earth-
Moon plane. Although a completely perpendicular orbit would be the most desirable 
orientation from a communications standpoint, it is not used due to the increased need for
costly station-keeping maneuvers.
The MCS for the beginning of the orbit extends the targeter “Transfer” used to get 







   
   
 
   
  
     
    
    
   
     
    
 
   
     
Figure 8.3 MCS for the first two z-x plane crossings
There are five additional MCS segments added to what was previously discussed
in Section 8.1. The segments represent the first revolution of the orbit and can be
performed with the same “Maneuver to Zero” segment that was discussed earlier.  The
fifth and sixth segments, called “To 1” and “To 2”, are both propagate segments. The
seventh segment is a return segment, called “hold”, and it is followed by eighth and ninth
“Propagate” segments, called “To 3” and “To 4”. 
There are four Differential Correctors inside the “Targeter” associated with these
additional segments: “1st Plane Cross”, “2nd Plane Cross”, “3rd Plane Cross”, and “4th 
Plane Cross.” In each of the plane crossing Differential Correctors, there is one main 
constraint. The corrector targets a velocity in the x-direction relative to the EML2 point
to be zero. It allows for Cartesian maneuvers in the x, y, and z directions to be performed
in order to achieve this. 
The “To 1” segment utilizes the same custom propagator, “Phasing Loops”, as the 






















when the z-x plane crossing occurs.  This “Propagate” segment is also performed in the
EML2 coordinate system created by the user and referenced in Appendix A.  The “To 2”
segment has the same structure as the “To 1” segment; it is a virtual copy.
The next segment in this portion of the MCS is the “Return” segment.  The
purpose of the “Return” segment is to optimize the MCS.  The first time the “Targeter” is 
run, it is done with the “Return” segment turned on.  When the targeter reaches the 
“Return” segment it returns to the beginning of the targeter for another iteration without
evaluating anything beyond the “Return” segment.  After the “Targeter” converges on an 
adequate solution for the first two “Propagate” segments, the “Return” segment is then 
turned off by the user, allowing the targeter to continue on to the third and fourth 
“Propagate” segments, and then the “Targeter” is run again.  The reason that all four
“Propagate” segments are not used initially, without the “Return” segment, is that the 
“Targeter” can find an approximate solution while only being concerned with two loops. 
After a solution is found to the first two loops, it is much easier for the program to be able 
to converge on two additional loops.  The solution found for the third and fourth loops is 
then converted to be used as the initial conditions for the following “Targeter”. The third 
and fourth loops are then removed from the first “Targeter” by turning off the “Return”
segment once more.  The point of using the “Return” segment in this manner is that it is 
very difficult to find adequate initial conditions for additional loops.  Through the use of 














The results of the first two plane crossings can be seen below in Figure 8.4
Figure 8.4 The first two z-x plane crossings
The initial results of the first two encounters creates an orbit that is approximately
at an inclination of 40° from the plane perpendicular to the EM line with a period of
approximately 14 days and 17 hours and a ΔV cost per rotation of 0.0031 m/s.
8.3 The extended orbit
In this next section the repeated structure of the orbit will be discussed.  In Figure
8.5 below, the MCS can be seen for the loop structure that is used in the next 122 






   
 
    
 








Figure 8.5 MCS of the transfer and first four z-x plane crossings
The MCS consists of the same segments as the end of the first “Targeter” but has 
its own “Targeter.” The Differential Correctors for the “Targeter” sequence are nearly
the same as the ones for the first “Targeter” sequence.  The Differential Corrector for a
single revolution consists of four “Propagate” segments.  For the case of the targeter 
“Rev 1” these Differential Correctors are name “3rd Plane Cross”, “4th Plane Cross”, “5th 
Plane Cross”, and “6th Plane Cross.”
It is inside the fine tuning of each of these differential correctors that the orbit is
made repeatable. If the initial conditions are left unchanged and remain with a velocity in 
the x-direction with respect to the EML2 point targeting 0 m/s, then eventually the orbit
will become unstable and diverge.  It appears that the orbit is proceeding within the
parameters and that everything is meeting the constraints within adequate tolerances but
















Through visual analysis it was decided that the cause of this unstable orbit was 
that the jumps in phase angles between each loop were becoming too large.  The orbit 
would become unstable due to these large phase angle jumps and no reasonable amount
of ΔV could be applied to bring the orbit back.  The change in phase angle of a Lissajous 
orbit is not an easily measured entity, which is why it was decided to evaluate this purely
through visual inspection.
The method used to fix this problem was to control the orbit in a more active
sense.  In Figure 8.6 below is a summary of what is included inside a single Propagator 
Differential Corrector. 














   
 
Here it is possible to change the Vx constraint’s desired value to something still
near zero but outside of the small tolerance frame we have kept it in.  This is only done
when, through visual inspection, it is deemed by the user that the orbit has begun to move
in too large of phase jumps. 
By allowing the orbit to preccess in small increments of phase angle for the entire
orbit we have done away with the problem of the orbit heading off into space or crashing
into the Moon.  This produces a relatively repeatable and stable orbit about the EML2 
point.  The results of approximately three months of propagation can be seen below in 
Figure 8.7. This is comprised of nine full loops or 18 z-x plane crossings.
Figure 8.7 View of three months of the orbit from an Earth perspective
Recall, in Figure 1.1 and 1.2 the orbit for the ARTEMIS P1 orbiter was shown.  
ARTEMIS P1 was at the L2 point for approximately three months. Also recall, in Figure












approximately five months.  Since all of these orbits ran for a similar time frame to what 
is presented in Figure 8.7, a visual difference can be seen in what was done in this study
to what others have done to this point in time.
After completing the three months of the orbit that was shown in Figure 8.7, this 
process was repeated for a total of 122 targeting sequences.  Each one was formed like
the one shown here with small changes at times to the Vx constraint.  After the 
construction of the “Targeter” sequences and a successful convergence of all the 
“Targeters”, data could now be gained from the orbit.  The first set of data we will









   
 
   
CHAPTER IX
EARTH AND SUN ACCESS 
In discussing the Earth and Sun Access for the system, the Earth access is how 
often the satellite can see the selected ground stations on Earth and the Sun access is how 
often the satellite can see the Sun.  The Sun access is not of particular interest from the
orbital mechanics standpoint, but it was included to illustrate the potential environment of 
a satellite to be put into the orbit created in this study.
9.1 Earth Access
A continuous link to Earth is required for this mission. The desired frequency
band for uplink and downlink Earth to satellite communications is the Ka band and the 
desired frequency band for uplink and downlink Moon to satellite communications is the 
S band.  Some of the ground stations that might be used to satisfy this requirement are


















Figure 9.1 Ground Station by location32
Each of the stations listed on the map meets the communication requirements for
this specific scenario.  Data for the ground stations in South Africa, Dongara, and Hawaii
were gathered by contacting Prioranet33, a company that develops and organizes ground
stations.  
The White Sands, South Africa, Hawaii, and Dongara sites are potentially the 
most useful due to their staggered locations about the Earth.  Since the goal of this 
mission is to have constant communications, it is necessary for the ground stations to 
have an equal spread about the globe.  It is also of consideration that redundant coverage
is unwanted for this mission, as it adds unnecessarily to expenses.  It is for that reason 
that the Hawaii station was removed and only the White Sands, South Africa, and 
Dongara stations were used.
STK allows a user to determine the times one object can “access” or see, another












    
 
 
   
 
what constitutes a valid access.  These constraints are defined as properties of the objects 
between which accesses are being calculated.  STK can calculate access from all types of 
vehicles, facilities, targets, area targets, and sensors to all objects within a scenario.
The orbits completed in Section 8.3 were analyzed by STK for their access to the
ground stations at White Sands, Dongara and South Africa, that is when each of these
stations was in view, using the line of sight tool.  The analysis showed that during the 
nominally 43,800 hours of the five-year mission, there were only approximately 70 
hours, or less than 0.2% of the total mission, when no station was in view.  At no time 
were all three station directly visible, but at least one was accessible for virtually the 
entire mission.
Figure 9.2 shows the ground access during the first 20 days after insertion into the
lunar orbit (LOI).






   
 
 





   
 
There is considerable fluctuation between one and two station access as seen in 
Figure 9.2, so an “average access” curve is shown to better visualize the access. The
average access is computed by
(9.1)
Where T is any particular time during the mission and n(t) is the number of 
stations accessible as a function of time.  The average access quickly rises to above 1.5 
and then continues to rise, albeit very slowly, after that.  An average equal to 1.5 means 
that at least one station is always in view and that two stations are visible one-half of the
time. An average greater than 1.5 means that two stations are visible more than one-half 
of the time. Thus, the orbits provide virtually continuous access to Earth, with redundant 
access available for considerable periods of time.
9.2 Sun Access 
Both the Moon and the Earth can block the Sun from illuminating the spacecraft.  
The STK analysis provides information on eclipses created by each of these bodies.
Figure 10.1 presents the results of this analysis for the period July 1, 2005 through June










    
   
   
 
Figure 9.3 Eclipse data
The eclipse durations given in the figure include both umbra (complete blockage
of Sun) and penumbra (partial blockage of Sun) events.  Eclipses are infrequent (there are
only 14), but when they occur they last for more than four hours.  The longest is over 17 
hours in duration. The longest duration eclipse provides the requirement for the size and 
number of batteries needed for the mission. The insets in Figure 10.1 show that there are
two pairs of relatively closely spaced eclipses.  These pairs will dictate the solar array







     
   







At the end of the five year mission it was pleasing to find that the results echoed 
what Farquhar1 predicted in the 1970's. The total station keeping costs for five years 
were only 3.23 m/s V and 1.21 kg of fuel consumed. The resulting trajectory appears in 
Fig. 11.1. The five-year mission requires 122 orbits.











Figure 10.2 Total orbit; viewed from the side of the Earth-Moon line.






   
   
    
 
In Figure 10.1, Figure 10.2, and Figure 10.3 the final orbit can be seen with all of 
the 122 revolutions visible.  It is difficult to understand by looking at this image what is 
really going on with this orbit, due to its complexity. It is for this reason that we have
chosen to re-arrange it to show sets of 40 orbits each (actually 42 for the third set) in 
Figure 11.2 below. This arrangement emphasizes the orbital repeatability. All views in 
this figure are to the same scale. The Moon appears in the front and side views. The


























    
 
Individual orbits weave in two dimensions in an apparently inconsistent manner, 
as seen in the front and side views.  However, a repeatable pattern with a well-defined 
envelope appears when multiple orbits are viewed, particularly from the top.  There is no

















   
CHAPTER XII
CONCLUSIONS
A long-term libration point orbit about the Earth-Moon L2 point with nearly
uninterrupted communication has been proved possible through the strategy outlined 
above.  Station keeping costs for the evaluated five years remained under 5 m/s V and 
under 1.5 kg of fuel.  With the amount of fuel that a vehicle can carry being one of the 
largest limiting factors toward the duration of a mission, this low fuel cost indicates that 
the mission could be extended to a much longer duration due to the repeatability of the
orbit.
There are several aspects about this study that still need some consideration and 
future work, however.  The tolerances for the thrust burns in this scenario have been set 
to very small numbers.  The tolerances in this sense dictate how the trajectory will be
formed and were only used to run the propagators.  Another type of tolerance could be of 
concern for the future use of this orbit.  It is currently unknown whether or not the ΔV 
amounts required in this study are exact requirements to maintain the orbit or if they can 
have some tolerable amount of change and still be maintainable.  This is a very difficult 
thing to find out but could prove instrumental in making the orbit practical.
A second point to consider is that with the impulsive thrust burns having such 




   
 
    







this would not be a “deal breaker” for the use of this system, it is still an interesting point
to consider in the implementation of this trajectory.
The last possible future work related to this study considered is the solar array
size necessary for dealing with the eclipses.  Some of these outages are quite large and 
with the requirements of the mission being constant coverage, the satellite cannot afford 
to have down time.  These are easy calculations to be done but have been left out of this
study because they exceed the scope of what was done here.
Through the use of appropriate ground stations, nearly constant communication 
was achieved.  With the development of an orbit like the one presented here, there is an 
increased possibility for a long-term satellite to remain in the vicinity of the Earth-Moon 
L2 point.  A satellite put in this orbit could be potentially used for an extended 
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Inside of this appendix is a summary of all of the coordinate systems that were
used for this study.  Beyond the coordinate systems, the axes and points that were used to 
define the coordinate systems were also included.  Table A.1 shows the trajectory type
that was used in the maneuver segments.
Table A.1 EML2 VNC Earth Trajectory
EML2 Velocity Normal Component (VNC) (Earth)
Type Trajectory
Axes based on trajectory of the point relative to the reference
coordinate system.
Trajectory Point L2 center
Reference System Earth Fixed at J2000
The following set of Tables illustrates the coordinate system used in the propagate 
segments of the trajectory.  The main coordinate system can be seen in Table A.2 and the 
parts that make up this coordinate system can be found in Tables A.3 – A10.
Table A.2 MeanEclpJ2000 Coordinate System.
Earth – MeanEclpJ2000 Coordinate System
Parent Central Body/Earth
Central body centered MeanEclpJ2000 Axes























   
  












Table A.3 MeanEclpJ2000 Reference Axes
Earth – MeanEclpJ2000 Reference Axes
Parent Central Body/Earth
Mean Ecliptic Axes of J2000 Epoch
Type Fixed at Epoch
Axes based on another set fixed at a specified Epoch
Epoch 1 Jan 2000 11:58:55.816 UTCG
Source Axes EarthMeanEclpDate
Reference Axes Earth J2000
Table A.4 MeanEclpDate Reference Axes
Earth – MeanEclpDate Reference Axes
Parent Central Body/Earth
Mean Ecliptic Axes of Date
Table A.5 J2000 Reference Axes
Earth – J2000 Reference Axes
Parent Central Body/Earth
Earth Mean Equator and Equinox of the J2000 Epoch
Table A.6 Fixed at J2000 Coordinate System
Earth – Fixed at J2000 coordinate system
Parent Central Body/Earth
Central body centered fixed axes of J2000 Epoch.
System assembled from a point serving as its origin and a set of 
reference axes.
Origin Point Earth Centered




   
   
  































Table A.7 Fixed at J2000 reference axes
Earth – Fixed at J2000 reference axes
Parent Central Body/Earth
Central Body Fixed Axes of J2000 Epoch
Type Fixed at Epoch
Axes based on another set fixed at a specified Epoch.
Epoch 1 Jan 2000 11:58:55.816 UTCG
Table A.8 EM_L2 coordinate System
Earth – EM_L2 coordinate System
Parent Central Body/Earth
User assembled coordinate system
System assembled from a point serving as its origin and a set of 
reference axes
Origin Point Earth EM_L2
Reference Axes Earth EM_L2 Axes
Table A.9 Earth EM_L2 Axes




Libration point axes using one primary and multiple secondary
central bodies.
Point type L2
Table A.10 EM_L2 Point

















   
    
   
     
   
   
   
   
   
   
   
   
   
   
   
   
   
   
   
    
   
   
   
   
   
   
 
The custom Propagator that was used in the use of all of the propagate segments 
is listed below in Table B.1.
Table B.1 Phasing Loops Propagator
Propagator Phasing Loops
Central Body Earth





Spherical SRP Shadow Model Dual Core
Sun Position Type True
Use Mean Flux B58
Sun Third Body Sun
Ephemeris Source Cb file
Gravitational Parameter source Cb file
Moon Third Body Moon
Ephemeris Source Cb file
Gravitational Parameter source Cb file
Mars Third Body Mars
Ephemeris Source Cb file
Gravitational Parameter source Cb file
Venus Third Body Venus
Ephemeris Source Cb file
Gravitational Parameter source Cb file
Jupiter Third Body Jupiter
Ephemeris Source Cb file
Gravitational Parameter source Cb file
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